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SUMMARY

Analytical and experimental studies to identify the dominant

failure mechanisms for compression fatigue of notched composite

laminates have been conducted. The effects of stacking sequence and

matrix material on damage growth as well as failure mechanisms

under compression fatigue loading are reported. Two types of re-

sin materials and four kinds of laminate layups have been con-

sidered. Two of the stacking sequences are fiber dominated and

two are quasi-isotropic. Ultrasonic C-scans and photomicrograph-

ic studies have been utilized for experimental observations. An

analytical methodology developed for the study of tension fatigue

of notched laminates has been modified to obtain patterns of dam-

age growth under quasi-static load by increasing it gradually in

steps. For each step increase in load, a finite element stress

analysis is performed and intralaminar and/or interlaminar fail-

ures in the elements are predicted.-Stiffnesses of failed ele-

ments are adjusted to include the e cts of damages. The finite

element model consists of membrane elements representing the lam-

inae and shear spring elements which transfer load between a laminae.

Cyclic loading usually degrades the matrix dominated strengths. Due

to the absence of experimental data on such degradation, some assup-

tions are made to obtain the degraded strength characteristics.

Correlations of analytical results and experimental data are attempt-

ed and the reasons for various failure modes are critically ex-

amined.

Failure of quasi-isotropic laminates is observed to be dom-

inated by growth of delaminations and consequent buckling of un-

supported surface plies. A simplified analysis has been performed

to study the interlaminar disbond as well as possibility of buck-

ling modes. Final failure of fiber dominated laminates seems to

occurz as a result of significant intralaminar damages in the +450

plies. Changing the matrix material from a 5208 epoxy resin to a

5209 resin system does not appear to have any effect on the damage

patterns and failure mechanisms, but may result in some differen-

ces in residual strength and/or lifetime.
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INTRODUCTION

Efficiei~t utilization of composite materials for primary

aerospace structural applications requires evaluation of strength

as well as lifetime of such materials under all anticipated en-

vironments. This necessitates the development of a broad exper-

imental data base to characterize their properties under static

4 as well as cyclic loading, and a fundamental understanding of the

mechanisms of failure. A number of recent studies have been con-

ducted with such objectives, and the results indicate that the

effect of fatigue is most critical for structures under compres-

sive loads, and significant amounts of damage are generated be-

fore failure under quasi-static or cyclic loading. The objective

of the present study is to identify the dominant failure mechan-

* isms for compression fatigue of a laminate containing a hole.

The emphasis is upon understanding the governing physical phe-

nomnena. Accordingly, the experimental tasks were exploratory in

* I nature and tile analytical tasks were at a preliminary design

level.

The program plan was based upon the hypothesis that matrix

properties and interlaminar stresses have significant effects

upon the failure process for cyclic compression loads. Hence,

alternate matrix materials and different laminate cornfigurations

and stacking sequences were considered, both experimentally and

analytically. The overall program is outlined in the "Background

and Approach" section.



BACKGROUND AND APPROACH

The current state of the art in life prediction methodolo-

gies of composite structural elements has been reviewed in ref-

erences 1 and 2, where the commonly observed sequences of various

damage growth mechanisms have also been discussed. These discus-

sions indicate that intralaminar damages, usually in the form of

cracks parallel to the fibers, are the first to initiate in some

of the laminae. As load cycling continues (or the static load is
increased) these intralaminar cracks grow into interlaminar dis-

bonds. For the case of cyclic loading the complexity of damage

growth mechanisms is increased because of degradations in resid-

ual strength. In the case of a notched laminate the residual

strength of the laminate as a whole can sometimes increase be-

cause of reduction in stress concentration due to intralaminar

cracking. Consideration of changes in residual strength as well

as simultaneous modeling of growth of all kinds of damage pose a

difficult problem. Modeling of intralaminar damage growth as

well as strength degradation has been attempted in reference 3

for correlation with experimental data. Growth of inherent

interlaminar disbonds has been modeled in reference 4 by the use

of semi-empirical self similar crack growth laws which are com-

monly used for metals. A "wearout" type model to predict resid-

ual strength and/or lifetime based on buckling of the delaminated

plies has also been attempted in reference 4 for data correlation

purposes. An attempt to model changes in residual strength as

well as growth of intralaminar and interlaminar damage is re-

ported in references 5 and 6. These studies clearly show two

major problems with which one has to deal in modeling damage

growth. The first problem is that practically no data base ex-

ists for the changes in residual strengths of the unidirectional

lamina under tension and compression (in longitudinal and trans-

verse directions) as well as shear. Interlaminar strengths may

also degrade under cyclic loading. The second problem is the

complexity involved in stress analysis in the presence of both

intralaminar and interlaminar damages. The solution to the

-2-
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first problem can be obtained by a comprehensive test program.

Alternatively, limited test data and reasonable estimation pro-

cedures (linear residual strength reduction, as an example)

.5 may be utilized.

The stress analysis problem discussed above can possibly be

handled by the use of specialized finite element formulations.

One such attempt is described in reference 7, where it has been

shown that fiber breakage, matrix crazing, crack bridging, ma-

trix fiber debonding and axial splitting can occur near a built-

in flaw in a unidirectional composite during quasi-static load-

ing prior to catastrophic fracture. Use of this model for

studying damage growth in laminated composites is likely to be

too cumbersome as well as expensive and has not been attempted

to date. For compression loads such micromechanical models

should also include the effects of imperfections and the possi-

bility of "microbuckling" of fibers. For the study of laminated
composites, use of 3-D finite elements has been attempted in the

past. Modeling each lamina as an assembly of plate type elements

may also be attempted. Modeling damage growth requires the use

of an iterative technique and therefore use of 3-D brick elements

or plate elements becomes an expensive proposition. For many

types of laminates subjected to extensional loadings, effects of
normal displacements can often be neglected and in such cases

each lamina can be modeled using membrane elements to depict the

in-plane response. Such an approach has been utilized in refer-

ence 8, where the nodes in adjacent laminae are assumed to be

connected by shear springs, which are assumed to be rigid under

extension. Stiffnesses of the springs are calculated from the

interlaminar shear moduli. To model damage growth under quasi-

static loading of notched laminates, the model is loaded in steps

and after each step appropriate stiffnesses of each element are

reduced if failure is expected in a particular mode, and the load

is recalculated in an iterative fashion. To consider load cy-

cling effects in tension fatigue, use is made of assumed degrada-

* tion characteristics of each strength parameter. An iterative

technique is again used for number of cycles. The computer code

-3-



FLAC, developed in reference 8, has been utilized in this study

after some modifications. Effects of load cycling are not con-
sidered in much detail, since no data are available regarding

* strength degradation, but a damage state is predicted for quasi-
static loading. Some matrix dominated strength parameters are

arbitrarily reduced to consider matrix degradation due to cyclic

loading. Detailed discussions on advantages and shortcomings of

the methodology are presented in the next section. Since cumnu-

lative damage due to load cycling is not included, the results

are qualitative in nature and have been used to observe trends11 when correlating with experimental data.
To check the validity of the assumptions and gain insight

into the different failure mechanisms involved, a series of ex-

periments has been conducted on inch-wide specimens. Stress

concentrations have been introduced into the specimens in the

form of notches to accelerate the initiation and growth of fa-

tigue damage. Key variables in the experimental program have

been the matrix material, load and fatigue cycle levels, lami-

nate configuration and stacking sequence. Two stacking sequen-

ces of the [02/45] and the (0/±45/90O15s laminates fabricated

from T-300/5208 and T-300/5209 Graphite/Epoxy have been used in

the fatigue testing. The phenomena which have been studied are:

Wi initiation and growth of fatigue damage; (ii) fatigue life

and mode of fatigue failure; and (iii) residual strength and

mode of static failure after a predetermined number of fatigue

cycles. Ultrasonic C-scan techniques and photomicrography have

been utilized to check for fatigue damage at different load cy-
cle levels. The experimental program is described in the sec-

tion "Experimental Program" and the results are presented in the

section "Results and Correlation Studies."

Delamination of surface plies and their subsequent bucklingI
have been observed to be one of the modes of failure. To study
this in some detail, a buckling analysis of orthotropic plates

with various boundary conditions has been conducted in conjunc-

I.tion with a lamination theory analysis to correlate the average
laminate load to critical buckling loads for delaminated plies

and delaminated areas. These results are presented in the sec-

tion "Buckling Analysis."~

-4-



ANALYTICAL METHODOLOGY

A "mini-mechanics" type of model is utilized herein to study

progressive damage growth in laminated composites by considering

the interactions of the response of the individual plies and

failure mechanisms like matrix failure and ply disbonding, etc.

ethStress analysis in the presence of various damage modes is car-l! iried out in an iterative manner. The methodology consists ofa

finite element stress analysis and a failure analysis, which are
discussed in the next two subsections. A detailed study of load

cycling effects is not considered, but an attempt is made to de-

termine effects of degradation of matrix material in each lamina

and strength characteristics of the interfaces because of fatigue.

However, use can be made of a fatigue analysis methodology similar

to the ones utilized in references 5, 6, and 8, to consider ef-

fects of load cycling on gradual strength degradation. The ap-

proach has the ability to predict the various types of damages

which may occur in reality, in contrast to other deterministic or

probabilistic life prediction methodologies based on strength

degradations of a component which are to be determined from test

data.

STRESS ANALYSIS

In the present study the laminate is modeled with:

1. Membrane elements, used to represent the individual

plies - They are quadrilateral plane stress elements

with orthotropic elastic properties.

2. Beam elements, used to represent the ply interfaces -

They do not have any axial displacements, and have or-

thotropic elastic properties. The moment of inertia of
the cross section is adjusted to obtain the necessary

shear displacement from the beam bending stiffness.

The beams thus act as shear springs.

-5-



The notched laminate structure is assembled from these ele-

ments (fig. 1). Element stiffnesses are generated assuming kin-

ematically admissible displacement fields and applying the prin-

ciple of Minimum Potential Energy.

The validity of the present model and the resulting stress

distribution have been compared, in reference 8, with a finite

difference analysis of the free edge effects problem (ref. 9)

for a [t45] s laminate and a quasi three-dimensional analysis

(ref. 10) for a [±30/90] s laminate. Since this comparison indi-

cates some important characteristics, it is reproduced here in

figures 2 and 3. The correlation in the stresses predicted by

the present model and the other two analyses is extremely good.

The only significant difference is that while the quasi three-

dimensional analysis yields a = 0 at y/b = 1, the presentyz
model does not. The present model cannot predict the interlam-

inar normal stress. An attempt has been made, in reference 8,

to calculate this stress using equilibrium equations and the pre-

dicted stresses. Such a calculation should meet the force equil-
bibrium requirement in the z-direction f dz = 0, i.e. posi-

0 z
tive and negative areas of the azz curve (fig. 4) must be equal.

This requirement is not met. The reason for this is the fact

that although overall force equilibrium in the z-direction is

satisfied in the model because of the nature of the problem, no

requirement is imposed to satisfy such a condition at each node.

In fact displacement (in z-direction) constraints are specified

at each node only by demanding that shear springs are rigid in

the axial direction. This difficulty can be overcome by using

springs with finite stiffnesses in z-direction, but the membrane

elements can no longer be utilized and use of plates will become

necessary. This will make the analysis more expensive, as dis-

cussed in the Introduction. Normal stresses (a zz) are therefore

not calculated, but the interlaminar strength used in the fail-

ure analysis is decreased to account for the effect of interlam-

inar normal stresses on interface failure. Such an approach

appears adequate since this is a preliminary study, with

-6-



qualitative correlation to be made with experiments. For a more

detailed quantitative analysis, use of a more sophisticated model

capable of predicting the interlaminar normal stress may be

necessary. Other details of the finite element analysis can be

found in reference 8.

FAILURE ANALYSIS

The second requirement in the analysis is prediction of the

load at which the different elements in the model will fail.

Composite laminates can fail in various modes, hence different

failure criteria are required to determine the likely mode of

failure. The criteria used are presented in table 1. These

criteria deal essentially with three types of failure: matrix

and fiber failure in a lamina, and interlaminar failure. In-

plane (lamina) and interlaminar failures are assumed to have no

interaction; i.e. only the in-plane stresses are involved in in-

plane failure mechanisms and the interlaminar failure results

only due to interlaminar shear and normal stresses.

The failure analysis methodology is outlined in figure 5.

In every load step, stresses are calculated with a finite element

analysis for a unit load. For each element, assuming linear

elastic behavior, failure load ratios are calculated from the

stress distribution and all the failure criteria. The least

ratio is determined and the element is predicted to fail in the

appropriate failure mode. The least failure loads are compared

to the actual applied load and the element or elements th: have

failed are identified. The possibility of gross laminate failure

is then examined. If such a possibility does not exist, loss of

strength and stiffness of failed elements is reflected in the

next step by drastically reducing the stiffnesses and load-carry-

ing capacity. The iterations can be carried out until the lami-

nate fails.

The compressive nature of the loading complicates the fail-

ure problem with additional failure mechanisms that are primarily

-7-



structural in nature, rather than intrinsic material behavior.

However, the failure criteria used in this and other studies are

dependent only on material properties. This study attempts to
overcome the structural instability problem by conducting a

separate plate buckling analysis, which is discussed in a later
section.

Load cycling effects can be considered if the methodology

is based on the proposition that the principal effect of fatigue

loading is the reduction in material strengths due to accumula-

tion of localized damage. In fiber matrix composites, the ma-
trix is especially susceptible to fatigue damage, but the fibers

remain largely unaffected. Due to matrix wearout, it is pro-

posed that there is significant reduction in strength, but the

composite stiffness remains unaltered. Experimental results

confirm the validity of this assumption.

Processing modifications in the failure analysis to consid-

er fatigue effects are also included in the flow chart given in

figure 5. It assumes the existence of unidirectional residual

strength data as a function of both the number of fatigue cycles

and the load level that are used as input (fig. 6). In this

case, least failure loads are calculated ane compared to the

applied load to determine failed elements based on degraded

residual strengths. Laminate residual strength can be deter-

mined using the residual unidirectional strengths.

Unidirectional residual strength data for compression fa-

tigue are not available. For this reason, only the damage

states at various load steps are predicted for quasi-static

loading. To consider effects of fatigue for correlation with

experimental data, the matrix dominated strengths are reduced to

a third of the static ultimate. Moduli and strength properties

used in calculations are listed in table 2.

-8-



EXPERIMENTAL PROGRAM

Two sets of laminates were chosen for the study. One set

was made up of fiber dominated [0 2/±45]5s and [0/45/0/-451]5s
laminates, and the other set was quasi-isotropic [0/±45/90] 5s
and [90/0/±45] 5 laminates fabricated from both T-300/5208

and T-300/5209 material systems.

TEST SPECIMEN DESIGN AND FABRICATION

The test specimen configuration, along with its dimensions,

is shown in figure 7. The specimens were 1.0 inch wide with a

0.250 inch diameter circular hole located in the center of

the unsupported span. The hole was drilled with a diamond

coring bit to minimize any potential damage incurred during

the process. The end tab length was 2.0 inches. To reduce the

applied stress on the end tab adhesive, and thereby reduce the

risk of debonding, it was desirable to increase the bonded area

by increasing the end tab length. This was not possible, how-

ever, due to limitations imposed by the test fixture.

The gage length of the specimens tested in this program was

2.0 inches. In determining this dimension, the objective was to

maximize the gage length without reaching a state of instability

resulting in gross laminate buckling failures. The reason for

maximizing the gage length was to minimize the grip effects.

Specimen stability was verified experimentally under static

loading, as well as with the Euler buckling calculation. one speci-

men of each type was strain gaged during static loading. The

electrical resistance strain gages used to measure the strain in

the test section and the far field strains were 0.0625 inch and

0.125 inch, respectively, and are also shown in figure 7.

Fabrication of the test specimens was performed using

NARMCO T-300/5208 and T-300/5209 prepreg material. Panels with

the required stacking sequences were laid up and cured in an
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autoclave using a two-step cure cycle with temperatures of 2500F
and 3500F and a pressure of 85-100 psi with no post curing. The

~ I panels were then examined for uniformity using ultrasonic C-scan
techniques, tabbed, and cut into individual specimens with a

rotary diamond saw. The end tab material was a glass-reinforced,

epoxy resin material. The adhesive used to bond the end tabs to

the Graphite-Epoxy specimens was Hysol Aerospace Adhesive EA

9309, which was selected due to the flexibility of its bonds, as

well as its high peel strength. Each of these properties is

important in fatigue tests so as to prevent debonding of the end

tabs.

TEST PROCEDURE

All tests were performed with an Instron Model 1321 closed-

loop, servo-hydraulic test machine. The test fixture employed

in the tests was the IITRI compression fixture shown in figure 8.

The existing fixture was initially designed for a maximum speci-

men width of 0.75 inch. For this reason, it was necessary to re-

design the grips to accommodate the necessary 1.0 inch specimen

width. With the new grips, it was necessary to drill a hole in

the specimen end tab to allow for a connecting bolt. This hole

is indicated in figure 7. The location and clearance of the

hole were selected so as to have a minimal effect on the test re-

sults. Prior to each test, the IITRI fixture was aligned and

the clearance checked so as to provide uniform noneccentric
loading. These checks were made usinq a rigid specimen bolted

in the grips, and a telescoping clearance gage, respectively.

No lateral support mechanism was deemed necessary in view of the

results of the preliminary static tests which indicated no gross

buckling problem with the gage length being tested.

Fatigue tests were conducted on nine specimens of each lam-

inate group. The test program is summarized in table 3. The

specimens were subjected to sinusoidal compression-compression

fatigue loadings with a frequency of 10 Hertz and R =0.1,
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S levels (maximum stress/ultimate stress = S) ranging from 0.50

to 0.75, and number of cycles (N) of 5 x 105 cycles and 1 x 106

cycles.

Of major interest during the course of the fatigue tests

was the initiation and subsequent growth of the damage produced.

To follow the course of events, each specimen was removed from
5

the test machine at regular intervals of 2.5 x 10 cycles and

subjected to nondestructive inspection by means of ultrasonic

C-scan techniques. In order to detect any initial damage that

may have occurred during fabrication, scans were made of the

untested specimens. At the completion of the fatigue tests, a

group of C-scans was developed from which the damage initiation

and propagation could be observed. Examples of such scans are

given in the next section, where they are correlated with the

analytical results.

An important observation which cannot be derived from the

C-scan image is the location of the delamination with respect to

the laminate thickness. A method which was used to establish

these data is analysis of the waveform obtained using the ultra-

sonic C-scan equipment and an oscilloscope. The procedure is as

follows.

First, a C-scan is made of the specimen and then the trans-

ducer is located over the damaged area. The waveform on the oscillo-

scope will show the front surface ultrasonic echo, the back sur-

face echo, and a delamination echo located between the two, the

location of which is proportional to the location of the damaged

region in the specimen thickness between the front and back sur-

faces. An example of this is shown in figure 9. By using the

following equation, the lamina location can be derived:

D
L = x NID
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where

L = Lamina number from front surface

D =Distance between front surface echo and damage echo

ID = Interface delay

N = Number of laminae.

Such an analysis yielded the location to be approximately between

C 'I the first and second plies or the second and third plies, and
was verified from photomicrographs of some of the specimens.

Ii During the course of the experiments, a problem which arose
was that of debonding of the end tabs from the laminate. Despite

the use of high strength adhesive, fatigue life of the adhesive

was not sufficient to prevent failure. The debonding was ini-

tially noticed during one of the earlier scanning intervals as a 1
4.

small light area underneath the end tab which started at the

~* 1 leading edge adjacent to the test section. Subsequent examina-

tions at later intervals revealed further debonding and finally,

in some cases, complete separation of the end tab and the speci-

men. An initial consideration to alleviate the problem was to

increase the area of the end tab, thereby reducing the average

shear stress. This was found to be impossible due to size re-

strictions imposed by the IITRI fixture. The solution to the

problem came with the design of a set of wedge blocks to fit in

the fixture at each end of the test specimen. These blocks are

shown in figure 8. Their function was to support the specimen

over its end area and distribute a portion of the fixture

loading over this area as an axial load, thus reducing the

shear stress level present in the adhesive interface. The

results were very favorable with only minor debonding occurring

at higher stress and cycle levels. There was also no brooming of

the end fibers, which was of initial concern during the block

design.

Of the three specimens of each group fatigued, one was strain

gaged like the static test specimens during the residual strenqth

testing, and one was sectioned for photomicrographic analysis.
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Ji I Residual strength measurements are given in table 4.

In an effort to examine in detail the fatigue induced damage,
selected specimens were sectioned and photomicrograpbed. Speci-
mens were sectioned both parallel and perpendicular to the longer

axis tangent to the notch (fig. 10) . These areas were chosen

in order to include the major damage regions. The preparation of

the section began by cutting a 0.1 inch slice from the desired
location on the specimen with a rotary diamond saw. The section
was then mounted in Buehler Epoxide Resin and polished. The

though 11 successive polishing stages. All photomicrographs in

L this report were taken at a magnification of 50X.
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RESULTS AND CORRELATION STUDIES

Predicted damage states for all the laminate types tested

are presented in this section, and a qualitative correlation is

attempted. Because of lack of data on strength degradation of

constituent laminae and interfaces, no quantitative comparison

is made with growth of disbonds due to load cycling as observed

in ultrasonic C-scans. These scans show the initiation and

growth of disbonds near the top and bottom surfaces of the

specimens. The disbonds which occur in between are usually

masked and cannot be detected. Photomicrography after section-
ing can detect all such disbonds as well as intralaminar crack-

ing in the section. This technique can be utilized, however,

only after failure occurs or loading is terminated, and there-

fore growth of damage cannot be monitored. Representative

photomicrographs showing final states of intralaminar and

interlaminar damages are also presented. Constituent proper-

ties of both resin systems used for predictions are listed in

table 2. Stress states and damage states in the laminates

possess a diagonal symmetry, i.e. they are unaltered after 1800

rotation about the z-axis (fig. 1), and therefore damages in only

half the laminate are shown.

Laminate configurations tested are of four types which are

denoted as A, B, C, and D, respectively, and are described

below.

A. [02/±4515s

B. (0/45/0/-451 5s

C. [0/90/±4515s

D. [90/0/±451 5s-

-14-
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Specimens of these laminates were tested statically to establish

initial static strength. Other identical specimens were subjec-

ted to fatigue loading followed by residual strength evaluation.

Certain of the test samples were sectioned after fatigue loading

to conduct photomicrographic studies.

Since consideration of the detailed stacking sequence will

make a finite element stress analysis too expensive, analyses

were performed for the following configurations.

1. [02/±45]5 to model type A laminates

2. [0/45/0/-45] to model type B laminates

3. [0/90/±45] to model type C laminates
5

4. (90/0/±45] sto model type D laminates.

* Since most of the damages are usually concentrated near the sur-

faces, the modeling employed for analysis seems adequate. Cor-

* I relations attempted appear to confirm this adequacy.

FIBER DOMINATED LAMINATES, TYPES A AND B

Damage predictions for laminates made of both resin systems

as well as the experimental obsarvations are presented in fig-

ures 11-26. A study of these figures reveals the following

characteristics.

Effect of Resin Systems

Predicted damage states for both resin systems (figs. 11,12,

14,15) are similar. Elastic moduli of the two systems are nearly

equal, but there are differences in strengths in the virgin state

as well as those assumed for degraded states. However, it ap-

pears that these differences are not enough to produce any signif-

icant change in predicted damage states. The C-scans (figs. 16,

17) and ply damages observed in the photomicrographs also do not
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show any significant differences in damage propagation character-

istics. Therefore, changing the matrix material from 5208 to 5209

does not affect the damage states, but noticeable differences are

oabserved in residual strengths (table 4). Similar changes may be

expected in lifetime. As mentioned earlier, no attempt is made in

this study for calculation of residual strength or lifetime and

therefore no experimental/analytical correlation is made for

*these characteristics.

Damage Patterns in Type A Laminates

-4 The quasi-static analysis predicts delamination to initiate

from the notch at the 0/+45 interface at an angle of +600 to the

load direction. Growth of delamination at the 0/45 interface with

increase of load obtained from a five step analysis is shown in

figure 13. Although growth of delamination under quasi-static

loading and fatigue could be different in nature, some similari-

ties are noticeable in the initial stages of quasi-static loading

and initiation of damage due to fatigue. Similarities are also

seen in the predicted final damage states and those observed at

the end of load cycling (see figs. 11-17). Delaminations at the

end of quasi-static loading appear to have grown somewhat in the

load direction, but primarily across the width of the notch (figs.

12,13,15). Some delaminations are also predicted at the +45 in-

terface (figs. 12,15), which also have grown in the load direction

(0') across the width of the notch.

Extensive intraply damages, which are due to matrix failure,

are predicted (figs. 11,14) in all the laminae. The failure cri-

terion predicts failure due to the combined effects of transverse

and shear stresses and therefore no distinction is made between

transverse failure and shear disbonding. Matrix failure in the 00

plies is predicted to grow in the load direction, but restricted

to the width of the notch. 450 ply damages, however, appear to

have extended in two directions, along the fibers as well as in

the direction perpendicular to them, initiating at notch edges at"2I 450 to the load direction.

I ~ -16-
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Delamination damage in both resin systems can be observed

in the C-scans (figs. 16,17). The delamination initiates on

both sides of the notch (at 0/45 interface near the surface) at

the axial tangent points and propagates towards the end tabs.

The regions of delamination initially develop in all four quad-

rants around the notch in a uniform and symmetric manner.

Growth of each region then progresses along the axial tangent

line to the notch as well as along the circumference of the

notch towards the center of the specimen. This circumferential

progression eventually results in the bridging of the delamina-

tion in the upper two quadrants and, similarly, in the lower

two quadrants. Upon completion of the joining of these regions,

the delamination continues towards the end tabs, contained with-

in a region bounded by the axial tangent lines to the notch

(figs. 16,17). This behavior is similar to what is predicted

for quasi-static loading, which of course considers strength

degradation due to fatigue, although in a relatively crude

fashion. The delamination predicted at the ±45 interface is not

detected in the C-scans. Photomicrography of the failed speci-

mens facilitates a very close examination of the matrix micro-

cracking within the plies as well as the interlaminar damage

not detected in the ultrasonic C-scans.

Photomicrographs of the axial and transverse sections of

specimen 8-A-4 show damage typical to this laminate stacking se

quence. Figure 18 shows an axial section tangent to the circu-

lar notch. Looking at the ultrasonic C-scans (figs. 16,17), it

becomes evident that this section contains a damage zone along

the right side of the hole. Visual inspection of the photomicro-

graph reveals numerous intralaminar microcracks occurring in the

+451 and -450 plies. Close examination shows that practically

in all cases the cracks appear to have either initiated at or

terminated at the 0* ply interface. It is also observed that

where the crack tip meets a 0* lamina interface, there exists

very frequently a matrix rich region. The presence of these re-

gions provides a possible site for initiating the microcracking,

i.e. they act as stress concentrations along the interface and
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serve as crack initiators during the fatigue process. The distri-

bution of cracks is relatively random, and in most cases the crack

distribution is directed perpendicular to the 0 fiber direction.

A section of specimen 8-A-4 which is a cut in a transverse

direction tangent to the notch is shown in figure 19. Aside from

a small number of randomly distributed cracks, the majority of

cracks are shown to be oriented collinearly and confined essen-

tially to the 0* plies. The cracks extend completely through each

group of two 00 plies and terminate at the angle ply interfaces.

It should be noted that all of the cracks in the collinear orien-

tation are aligned with the cracks in the 00 plies on the sur-

faces, which are observed to originate at the edge of the hole on

the C-scan (figs. 16,17). The only obvious delamination is found

at the 0/+45 interface nearest to the surface as noted earlier.

This indicates that while the delamination is limited mainly to

the surface layers, as indicated on the C-scas, the axial crack

propagation shown on the surface 00 plies also extended in a simi-

lar fashion through each set of 00 plies throughout the thickness.

Damage Patterns in Type B Laminates

Changing the stacking sequence by introducing the 450 ply

between the two 00 plies results in significant differences in

the damage patterns. The in-plane damage predicted is somewhat

less than that in [02/±45]s laminates, and the interlaminar dam-

age, though present at all the interfaces, is significantly re-

duced (figs. 20-23). The greatest extent of delamination is pre-

dicted to occur at the 0/-45 interface, and it appears to have

grown around the notch in the load direction. The C-scans in

figures 24 and 25 also show that the delamination damage is lim-

ited at the notch edges. Compared to the delaminations found in

the C-scans for the type A laminates, the type B layup has negli-

gible interlaminar damage, and can be expected to have better

fatigue characteristics.
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A photomicrograph of specimen 9-B-8 is presented in figure

26 and is typical of this stacking sequence. There is much less

microcracking and interlaminar damage as seen in the transverse

section. The 00 plies do not have the collinear axial splitting

type of crack propagation extending through the entire thickness

like those observed in the type A laminates. The section shows

that there is little delamination in the laminate, and that it

occurs at the 0/-45 interface and the 0/45 interface similar to

the quasi-static predictions. The greatest amount of microcrack-

ing is observed near the surfaces tangent to the diameter of the

notch. There is a little crack propagation in the 00 plies, but

it extends through the 450 plies. Residual strength data (table

4) show that this is the only stacking sequence which yields

residual strength higher than the static ultimate. The change

j' in the stacking sequence, therefore, reduces the delamination

damage as well as microcracking and appears to improve the fa-

2tigue response and residual strength.
QUASI-ISOTROPIC LAMINATES, TYPES C AND D

To broaden the study on the effect of the matrix and the

stacking sequence on the laminate response to compression fatigue,

a quasi-isotropic laminate configuration has also been analyzed

and tested. Damage growth predictions for two stacking sequences

of quasi-isotropic laminates of both resin systems are presented

in figures 27-42.

Effect of Resin Systems

In these laminate configurations, the C-scans of the test

specimen show damage initiating and growing in approximately the

same regions for the two resin systems. This is also true for

the intraply matrix damage observed in photomicrographs. The

analysis also shows that the differences in the properties of the

5208 and 5209 matrix systems are not significant enough to affect
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the location of damage initiation and growth, as in the case of

fiber dominated laminates. The change in the matrix, however,

affects the residual strengths and, to some extent, the rate of

damage growth.

Damage Patterns in Type C Laminates

The FLAC model predicts in-plane matrix failures princi-

pally in the ±45* plies, with very little damage in the 0 or

the 900 plies (figs. 27,30). There are few failures in the 900

ply because the transverse compressive strength is much greater

than the transverse tensile strength. The 901 ply takes up a

substantial part of the transverse load, reducing the transverse

tensile stress in the 00 ply. Therefore, there are no splitting

type of cracks transverse to the load in the 0* ply similar to

those found in the type A laminates. The location of the fail-

ures predicted in the 450 plies, however, is similar, occurring

around the ±450 lines to the load direction initiating at the

notch edge and extending along the fibers and transverse to

them. These damages appear to grow across the width of the lam-

inate. The principal delamination is predicted to occur at the

0/45 interface, and extend to the sides (figs. 28,29,31) as com-

pared to the strong 00 orientation in the type A laminate.

Experimental results confirm that delamination does occur at the

0/45 interface near the surfaces and tends to grow around the

notch edges transverse to the load, as can be seen in figures 32

and 33. Some amount of delamination is also predicted to occur

at the ±45 interface and this, too, does not have the tendency

to grow in the load direction as observed in the type A laminates.

Little delamination is predicted to occur at the -45/90 interface.

Both the in-plane and the interlaminar damages can be stud-

ied from the photomicrographs of the failed specimens. Damage in

specimen 8-C-14 is typical and the transverse section is shown in

figure 34. This section shows little microcracking in the lam-

inate, but clearly shows the delaminations at the 0/45 and at the
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+45 interfaces near the surfaces, with the surface 00 ply having

buckles and failed.
Other photomicrographs show some cracking in the +450 plies.

The overall damage pattern for this stacking sequence, as predic-

ted, fairly correlates with the damages experimentally found.

Damage Patterns in Type D Laminates

Changing the stacking sequence to [90/0/+45] appears to

have little effect on the damages which are predicted and ob-

served in contrast to changes in the fiber dominated laminates.

The overall damage pattern in the plies of the type D laminate

(figs. 35,38) is similar to that predicted for the type C layup

(figs. 27,30). The delamination damage predicted is also simi-

* lar, as can be seen from figures 28, 29, 31, 37, and 39. The

experimental results also seems to confirm this, as seen in the

C-scans (figs. 40,41). Photomicrographs of failed specimens

(fig. 42) show little in ply damage, though microcracking in

the +450 plies is observed in some specimens. The axial section

of specimen 9-D-11 shows delaminations at the 0/45 and the +45

interfaces, but little microcracking. The major delamination is

not near the surface ply but is located at the 0/45 interface

near the surface, as in the case of type C laminates, although

some delaminations are observed by the C-scans which appear to

be at the 90/0 interface.

FAILURE MECHANISMS

In this subsection the failure mechanisms are critically

examined for four laminates of Graphite/Epoxy (T-300/5208 and

T-300/5209) which have been tested. Since the two resin systems

have different maximum process temperatures (350 0F for 5208 and
250OF for 5209) it can be expected that resin controlled failure

mechanisms may be different for the two systems. However, the

static failure mechanisms for the two materials' systems appear
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to be identical. Damage patterns generated during fatigue also

do not change much due to the change in resin systems, although

some differences do exist in the rate of damage growth and resid-

ual strength, as pointed out earlier. Failure mechanism-, and

damage growth due to fatigue, however, are strongly influenced

*1 by laminate stacking sequence. In what follows, an attempt is

made to obtain an understanding of this phenomenon.

Type A Laminates

The influence of fatigue loading upon failure modes, as

observed in residual strength tests, is most pronounced for

laminate type A. Two distinct failure modes are observed for

laminates of types A and B. They are the diagonal shear (DS)

failure and the net compression (NC) failure modes which are

illustrated in figure 43. Fatigue damage in the type A laminate

* appears to be manifested as cracking of the +450 and -451 lam-

inae in regions adjacent to the central notch. In regions where

the +450 laminae are cracked, the -451 laminae are not, and in

* regions where the -451 laminae are cracked, the +450 laminae are

not damaged, as illustrated in figure 44. As can be seen, the

-.450 laminae exhibit cracking in the first and third quadrants,

while the +450 laminae are cracked in the second and fourth

quadrants. The origin of the fatigue cracking in the ±450 lam-

inae can be attributed to the shearing stresses which act tan-

gent to the circular notch and parallel to the load direction.

The distribution of the shearing stress in this region is an

antisymmetric function, as shown in figure 45. The direction of

the shearing stress can be determined by a free body diagram as

shown in figure 46. Acting at the remote end of the free body

is the constant, applied stress u, while at the section adjacent

to the hole, the compressive stress varies from a at the edge

of the hole to a at some distance from the hole. Since the two

resultant forces are not equal, a third force is required for

equilibrium. The third force is the resultant of the shearing
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stresses and its direction is the same as the remote applied

stress, since the resultant force at the section adjacent to the

hole will always be greater than the resultant of the remote

stress. Hence, when the shearing stress is transformed to a

coordinate system rotated 450 from the axis of the specimen,

transverse tensile stresses act on the -451 laminae and trans-

*1 verse compressive stresses act on the +450 laminae in the firstI
and third quadrants. This behavior is reversed in the second

and fourth quadrants as shown in figure 47.

One significant observation of the residual strength fail-
* I ure of type A laminates is that the diagonal shear failure ap-

pears to be primarily responsible for laminate failure, although

the net compression failure mode is also present. Further, the

diagonal shear failure mode is always found to occur parallel to

the +45* laminae. No -45* diagonal shear failures are observed.

Since the +450 laminae in type A laminates are located nearest

to the surface, it is likely that cracks in these laminae, which

* are developed during fatigue cycling, play a role in the ulti-

mate failure mode.

* Another mechanism observed in type A laminates is growth of

cracks due to fatigue in the 0' laminae parallel to the load di-

* rection and tangent to the edge of the circular notch (fig. 19).

The cracks are noticeable in all 01 laminae with their surfaces

contained in a single plane tangent to the notch where axial

sections were taken for photomicrography (see fig. 10) . The de-

laminations which are generated at the intersection of the axial

cracks and the near-surface 0/45 interface can be seen to grow

monotonically with increasing cycles or stress amplitude, as

observed in the C-scans. This delamination, however, is not

primarily responsible for the ultimate failure of the laminate.

The most likely sequence of events leading to the final failure

* appears to be the shear failure of the 450 ply below the surface

plies which then become unsupported and buckle. Buckling of the

large delaminated portion just above the notch does not occur,

since it is not transferring load in direct compression. (Fail-

ures of notched and unnotched specimens are shown in figs. 48,49.)

-23-



Type B Laminates

Type B laminates are similar to those of type A. They also

exhibit characteristics of the diagonal shear and the net com-

pression failure modes. Diagonal shear appears to be the pre-

dominant mode of failure with net compression appearing in a

small number of instances. In contrast to type A laminates, the

shearing direction in type B specimens is not always parallel to

the near-surface angle ply (+450 ). Failures are found to occur

in the -450 direction as well as in the +450 direction. A third

distinct diagonal shear failure which is observed is the "dual

shear" failure, in which the shear failure is in the +450 direc-

tion on one side of the notch and in the -451 direction on the

other side of the notch, as illustrated in figure 50.

A study of these failures indicates a connection between

the direction of failure and the delaminations noticed after

failure. It should be emphasized that no significantly large

delamination is noticed in the C-scans after fatigue cycling is
stopped and residual strength tests are performed. In all in-

stances the delaminations are such that subgroups of 0' plies

with an angle ply "sandwiched" in between are formed. Two cases

are noticeable. The first case MI is that in which the sub-

groups have a configuration of [0/+45/0]. In this case, the

direction of shear failure is that of the +450 lamina. The sub-

groups of the second case (II) have a [0/-45/0] configuration

resulting in a -45* shear direction. Dual shear failure appears

to take place when both types of delamination are present, with

case I on one side of the notch and case II on the other side.

A similar effect is present in the type A laminate in which the

0/+45 interfaces below the areas nearest to the surface appear

to remain intact, resulting in a +450 shear direction.

A further observation pertaining to the diagonal shear

failure mode is that the origin of the crack appears to be at

the boundary at 45° to the load direction, as shown in figure

51. Also, microscopic analysis of laminate type B shows that
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while intralaminar cracking of the angle plies is present as in

type A, it occurs to a lesser degree because of the difference

in stacking sequence. Despite this, however, the cracking of

the angle plies and its subsequent relation to the diagonal

shear failure mode observed in laminate type B is consistent

Vill with the previous explanation of this failure mode in type A.

The net compression failure mode is noticeable along with

the diagonal shear failure mode in a small number of specimensL tested. In those instances, it is generally confined to the
I k1 near-surface layers with the shear failure extending through

most of the specimen thickness. The net compression failures
are characterized by delamination between the angle plies and

the 01 plies, leaving individual 01 plies unsupported and prone

to local instability. This is in contrast to the subgrouping

of the 00 plies and the angle plies in the diagonal shear mode.

Between the zones of diagonal shear and net compression fail-

ures are large interlaminar cracks which extend past the damage

edein the transverse direction.

The overall failure sequence in laminate type B appears to

be that fatigue induced damages in the angle plies caused out-

of-plane deformation as well as delamination of the laminate

into subgroups. This induces bending stresses which cause kink-

ing of the 0* plies parallel to the cracks in the "sandwiched"

angle ply, with the direction being determined by that of the

angle ply. Net compression sometimes follows the shear failure,
due to unsymmetric loading which results after the shear failure.

Quasi-Isotropic Laminates - Types C and D

The quasi-isotropic laminates exhibit failure mechanisms

common to both stacking sequences. The predominant failure mode

is that of net compression with the fracture line running trans-

verse to the load direction directly through the center of the
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notch (figs. 52,53). Extensive interlaminar disbonding is ob-

served extending past the damage zone parallel to the load direc-

tion across the width of the test specimens. In most cases the

delaminations occur at the 0/45 interface. Photomicrographic ob-

servations reveal very little crdcking within the individual

laminae, unlike the extensive cracking noticed in the type A

laminates. The 90° plies not only take up most of the transverse

load, but along with the 00 plies, reduce the shear load on the

laminate.

In the type C layup, residual strength failures show de-

laminations at the 0/45 interface near the surface as well as at

the ±45 interface. The probable sequence of events leading to

ultimate failure is delaminations created at the 0/45 interface

nearest to the surfaces due to fatigue loading (in the load bear-

ing parts) causing the 0 surface ply to become unsupported.

Buckling then occurs in this 0 ply and leads to a catastrophic

failure. This is unlike the failure in the type A laminate,

where the surface 0* plies become unsupported primarily due to

shear failures in the 450 ply.

The type D layup also shows similar mechanisms. The fa-

tigue loading induces delamination at the 0/45 interface near

the surface. This results in the surface 90/0 plies becoming

unsupported. The surface 90* ply contributes little to the

stability of the 0 ply. When the 0/45 delamination grows over

a certain area (if it is not already of sufficient dimensions),

it creates buckling instability in the 0 ply. Such failures

are also observed during load cycling. ,

The principal failure mechanism involved in the failure of

both quasi-isotropic laminates in compression fatigue, therefore,

is the growth of delaminations near the surface plies, which

causes local instability of the 0' ply leading to its buckling.

The subsequent propagation of failure occurs almost simultane-

ously and consists of delaminations between the plies or groups

of plies, as observed in fiber dominated laminates. This can

be seen very clearly from the photomicrograph of the axial sec-

tion of laminate 9-D-11, where the surface 90/0 plies have
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deformed rut of plane followed by delaminations of the 450, -450,

900, 00, and the +450 plies.

RESIDUAL STRENGTH

Since the principal assumption in the present analysis is

the degradation of the matrix in fatigue, residual strengths of

the laminates with the two matrix systems have been measured af-

ter subjecting them to fatigue loading. Of the three specimens

in each group, two have been tested for residual strength and

the third has been sectioned for photomicrography. The results
"1 of these tests are presented in table 4. With only two speci-

* I mens per group, the test results may not be representative of

the exact behavior. Quantitative comparisons, however, are made

for some general observations.
* Average residual strengths as a percentage of the static

strength are presented in table 4 for different fatigue load-

ings. In both stacking sequences of the quasi-isotropic layup,

fatigue induced damages are seen to cause reductions in residual

strength by varying degrees, and cycling at 0.6 a u is seen to

cause failures before the end of load cycling. At this level

all the type C specimens with the 5209 matrix have failed. In

the type D laminates, however, all specimens with the 5208 ma-

trix have failed, and while one of the 5209 specimens shows a

residual strength of 87% of the static value, the other specimen

tested has failed in fatigue. In the fiber dominated laminates,

while some strength reduction is observed in the type A stacking

sequence, significant increase in strength is observed for the

type B stacking sequence for both matrix systems. This is the

only set of laminates where an increase in noticed. There has

been only one fatigue failure in the type A stacking sequence.

This has occurred in the 5209 resin system, but the other speci-

mens show residual strengths of about 94% of the static ulti-

mate.
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From these limited data, it may be concluded that the 5209

matrix system appears to degrade more rapidly than the 5208 ma-
trix. The 5208 matrix system seems to be more resistant to fa-

tigue induced damage. Dispersing the laminae like that in type

B (in contrast to type A) appears to improve the fatigue charac-

teristics of fiber dominated laminates. Further tests appear

necessary, however, before final conclusions are drawn.

BUCKLING ANALYSIS

The critical failure mechanisms were identified in a pre-

vious subsection and it can be concluded from the discussions

that separation of surface plies either due to delaminations or

due to failure of plies just below those on the surface results

in buckling of the separated ply or ply groups. To obtain a

better understanding of this mechanism, a buckling analysis has

been performed. Buckling is structurally governed; hence buck-

ling of surface plies depends on the size and shape of the de-

lamination as well as the laminate layup. In this study, only

a few sample problems are considered for studying buckling of
00 plies. No attempt is made to develop a failure criterion.
Understanding the failure mechanism using a simplified model

and an elastic buckling analysis is the only objective.

The delaminated ply is modeled as an orthotropic plate

with different boundary conditions. The finite element code

ANSYS is used to perform the buckling analysis. ANSYS uses a

displacement formulation, first calculating the static stress

solution and then solving the buckling eigenvalue problem to

obtain the buckling loads and the corresponding mode shapes.

For the purpose of ascertaining 
the accuracy of the finite ele-

ment model, closed form analytical solutions and series of

solutions for buckling loads of isotropic and orthotropic plates

with different boundary conditions have been compared to the fi-

nite element predictions. Experimental results show that the

delaminated ply or plies may possibly be approximated as three

types of plates with boundary conditions as shown in figure 54.

-28-



' 7 7 -

For the type I plate the width is fixed at 0.24 inch, ap-

proximately the notch diameter, and the length, chosen as the

characteristic dimension, is varied. For the type II and type III

plates, an aspect ratio of 1.5 is chosen and the length, chosen

as the characteristic dimension, is varied between 0.24 and 0.48

inch, approximately between one and two notch diameters.

These dimensions are realistic, as can be seen from the C-

scans of various specimens. The buckling loads calculated can

therefore be compared with load levels applied on the test spec-

imens. The critical load predicted by ANSYS is a stress resul-

tant acting on the ply. It is necessary to translate this ply

load into an average load on the laminate. This load varies

from laminate to laminate, and can be easily calculated using

lamination theory. Since the delaminated ply may have some ma-

trix damage in it, a netting analysis is also used to relate the

ply and the laminate load and can be used as a bound.

* The delaminated QO ply for type C laminates, as observed in

the C-scans, can be modeled either as the type II plate or as

the type III plate. The finite element buckling analysis has

been conducted using a mesh of 36 rectangular plate elements.

The critical buckling loads for the 00 ply are calculated for

characteristic lengths of 0.24, 0.36, and 0.48 inch. These are

plotted in the form of a stress on the 01 ply against the char-

acteristic length, and are presented in figure 55. As seen from

table 5, these convert to different average stresses for differ-

ent laminates. For the type C and type A laminates, these

stresses for a netting analysis and a lamination theory analy-

sis are presented in table 6. At a characteristic length of 0.36

inch, with clamped boundary conditions on all sides of the

plate, the laminate stress predicted to cause buckling varies

between 37.9 ksi for the elastic case and 32 ksi for the netting

analysis.

An increase of the characteristic length to 0.42 inch re-

duces the buckling loads to 32 ksi and 28 ksi, respectively.

Stresses for type II plates are also shown in table 6. With a
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static net section strength (notched) of 62 ksi, and fatigue cycl-

ing at stresses greater than 0.5 our the cyclic load is sufficient

to create instability in the plate for both sets of boundary condi-

tions. Delamination regions yielding characteristic lengths of

these magnitudes are possible, as can be seen from the experi-

mental results plotted in figure 56. This simplified ply buck-

ling model, together with the experimental characteristic

lengths, shows the buckling loads to be of the same magnitude as

the applied fatigue load. For this reason a good number of the

quasi-isotropic specimens have been observed to fail during fa-

tigue loading. On the other hand, results obtained for the type

I plate (fig. 54) show the buckling loads to be excessively high

and therefore delaminations of that type observed in fiber dom-

inated laminates are not the cause of buckling failure. As has

been observed in residual strength tests, buckling of parts like

the type II plates usually occurs in fiber dominated laminates

after failure of ±450 plies causes the surface plies to become un-

supported. This phenomenon has been discussed in a previous sub-

section. The approach used here (in its present form) can by no

means be used as a criterion to predict failure due to buckling

of surface plies, but it demonstrates analytically the possibil-

ity of such failures, especially in quasi-isotropic laminates.

This limited analysis, together with experimental observa-

tions, however, shows that although propagation of delamination is

the primary mechanism leading to final ply bucklinq type failure

in quasi-isotropic laminates, this does not appear to be the case

in fiber dominated laminates. Therefore, the delamination propa-

gation model utilized in reference 4 should be used with some

caution and growth of intralaminar damages should be considered

for prediction of failure in fiber dominated laminates.
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CONCLUS IONS

Failure mechanisms for notched composite laminates subjected

to compression fatigue are complex and dependent upon laminae

stacking sequences and properties. Different laminates showedft different failure modes in the exploratory tests conducted herein

and preliminary analyses suggest the reasons for this.

The test program was conducted on a series of laminates us-

ing a test specimen which attained the expected static strength

levels in its unnotched configuration. Notched static strength

showed reasonable effects of hole stress concentrations, although

no correlation with analysis was attempted.

Cyclic loading introduced various damage mechanisms, changes

in residual strength, and fatigue failure which were carefully

documented experimentally and examined analytically. The princi-

pal results may be summarized as follows:

1. Fiber dominated laminates and quasi-isotropic laminates

show different patterns of damage growth under fatigue.

* For fiber dominated laminates, dispersing the layers in

the layup like the one used in [0/+45/0/-451~ , as com-

pared to grouping them together as in (02/±4511s can

make a laminate more damage tolerant.

2. Growth of interlaminar as well as intralaminar damages

occurs in all types of laminates. Interlaminar damage
growth leads to final failure due to buckling of surface

plies in quasi-isotropic laminates; while in fiber dom-

inated laminates, intralaminar damage in the angle

plies are usually severe and lead to final failure.

3. Changing the resin system from 5208 to 5209 does not

have any significant influence on the damage patterns,

but may have some effect on residual strength and/or

lifetime. Data are too limited to confirm this. Addi-

tional tests are required using resin systems which have

more significant differences than those of 5208 and

5209.
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4. An iterative technique using finite element stress

analysis together with appropriate failure criteria

for intralaminar and interlaminar damage can be util-

ized to predict damage propagation around the hole due

to quasi-static and fatigue loading. For fatigue,

consideration of local residual strength degradation

is necessary, and comprehensive test programs to

generate data on such degradation in unnotched coupons

are essential for better analytical predictions.

I
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Table 1. Failure Criteria

Tensile Fiber Mode

.1 Compressive Fiber Y:otlle

0i A

Tensile Matrix Mode
i~i i 2 + I

-+2 22 2 "12T

Compressive Matrix Mode

2 1 2 1 2 =

(21 2T 2 2 12

T

Tensile Interlaminar Mode

I1 2 + 1 (02 2

+2 33 -2 13 2 3
°TT

Compressive Interlaminar Mode

)2 1 * 1 2 
2- 1(21 '33 4 2 33 2 '13 23

-3T
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Table 1 (Continued). Failure Criteria

where

a + axial tensile strength

C A = axial compressive strength

C= transverse tensile strength

a= transverse compressive strength

i shear strength
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Table 2. Lamina Properties Used for Calculation

Moduli T-300/5208 T-300/5209

Ell 20.2 msi 19.6 msi

" 22 1.76 msi 1.58 msi

G12 0.754 msi 0.684 msi

v 20.38 0.38

a+  211.0 ksi 210.0 ksiA"

aA 204.0 ksi 204.0 ksi

+

a 2.033 ksi 2.0 ksi

aT 7.133 ksi 6.94 ksi

3.267 ksi 3.0 ksi

(Intralaminar)

T 2.00 ksi 1.85 ksi

(Interlaminar)
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Figure 6. Residual Strength Curve of Notched Composite
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Figure 18. Transverse Section of Specimen 8-A-6
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Figure 20. Intralaminar Damage in I0/45/0/-451 - 5209

for a Load of 31.9 ksi
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for a Load of 31.9 ksiS
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Figure 55. Calculated Surface Ply Buckling Stresses
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